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Thermal Protection of Ballistic Entry Vehicles

E. ArRNoLD REINIKKA* AND ROBERT J. SARTELLT

The Boeing Company, Seattle, Wash.

The concepts of radiation cooling and ablation cooling using char-forming plastic materials
are examined for the purpose of providing thermal protection for ballistic vehicles entering the
earth’s atmosphere from near earth orbits. The effect on thermal protection requirements of
re-entry from various orbit altitudes is presented. A general theory for charring ablation
materials is discussed. Rapid means for calculation of aerodynamic heating encountered
during ballistic re-entry are furnished. Design charts based on these data are included for
determination of thermal protection weights when using ablation or radiation cooling.
Weights are based on maintaining a controlled environment for the vehicle’s interior and load-

carrying structure.

Nomenclature

vehicle planform area, ft2

specific heat, Btu/lbm-°F

drag coefficient

diameter, ft

local acceleration of gravity, ft/sec?
heat-transfer coefficient based on enthalpy, Ibm/ft%-sec
heat of pyrolysis, Btu/lbm

enthalpy, Btu/lbm

mechanical equivalent of heat, 778 ft-1bf /Btu
mass, slugs

mass loss rate, lbm /ft2-sec

heating rate, Btu/ft>-sec

recovery factor

radius of curvature, ft

radius, ft

decomposition temperature, °F

temperature, °F

time, sec

velocity, fps

vehicle weight, lom

density, lom /ft?3

blocking function

flight path angle, deg

exponent involved in injection parameter
mass fraction of solid converted to gas, m, /s
cone half-angle, deg
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a =

e = edge of boundary layer
g = gas

I = inertial

0 = unblocked convective input
7 = recovery

rel = relative

s = solid

sp = stagnation point

t = total.

w = wall

» = freestream condition

Introduction

ARIATIONS in entry missions and vehicle shape have a
strong effect on heat shield requirements for ballistic
entry vehicles. Rapid means for evaluating these require-
ments are desirable for preliminary design studies. In the
past, various authors!—3 have developed trajectory and heating
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data for ballistic entry vehicles based on an exponential at-
mosphere and on some simplifying approximations to the
equations of motion. These methods provide a general knowl-
edge of ballistic entry. Using these approximate methods,
though, it is extremely difficult to evaluate 1) the effects of
different initial velocities and flight path angles occurring
when entering from various near-earth orbits (especially
shallow entries); 2) the effects of ballistic coefficient on the
flight path and total re-entry time; and 3) the effect of the
actual atmosphere.

In the following text, trajectory and aerodynamic heating
calculations are described for flight in a real atmosphere at
various entry angles, and with a wide range of ballistic co-
efficients. An approximate analysis for char-forming ablators
is presented. These caleulations lead to: 1) the development
of convenient normalized heating curves for evaluating aero-
dynamic heating when re-entering from near-earth orbits of
up to 600 naut miles; and 2) design charts for determining
thermal protection requirements for radiation and ablation
cooled structures on ballistic vehicles.

Ablation Analysis

The complete mathematical deseription of the conservation
of energy and mass during the ablation process of char-form-
ing plastics requires consideration of such factors as reaction
kinetics, the transport of thermal radiation through the ma-
terial, char removal by combustion and/or rupture due to
thermal stresses, the thermal equilibrium (or lack of it) be-
tween the gases and the char, and the transient effects due to
heat storage.5—1°

A relatively simple mathematical model is used in this
ablation analysis. The material is divided into two regions,
char layer and plastic, separated by a decomposition plane.
The following assumptions are made.

1) All chemical reactions can be grouped into one single
reaction that occurs at the decomposition plane with one over-
all heat of pyrolysis H, (chemical reactions and radiation
within the char are neglected).

2) The temperature range over which the reactions occur
can be approximated by a single mean temperature T, that
remains constant during the ablation process.

3) Quasi-steady-state conditions exist. Thermal properties
and T are constant.

The resulting equation for the energy balance in the char
layer and the equations describing the ablation process are
derived in Ref. 11.

The actual convective heat flux to the char surface during
ablation is evaluated in the ablation analysis. The “blocking
function” ¢ is defined as the ratio of convective heat flux with
mass injection to that without mass injection under otherwise
identical conditions. The term (1 — y¥)¢o represents the re-
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duction in convective heating due to mass injection into the
boundary layer. Studies indicate that, for most cases of in-
terest, ¥ depends primarily on the parameter (cpg/cpe)dr, X
(ir - iw)/q&

For turbulent flow, the blocking function curve recom-
mended by Bartle and Leadon!? for supersonic turbulent flow
over a flat plate was used. The data of Ref. 13 were used for
laminar flow. Both of these blocking functions are given in
Ref. 11.

Trajectories

The flight path of a ballistic vehicle can be defined by 1)
the initial entry angle and velocity and the vehicle’s ballistic
coefficient or 2) by specifying the circular orbit altitude, de-
orbit velocity applied to the vehicle when in orbit, and the
vehicle’s ballistic coefficient. The latter method is equivalent
to the first, since each deorbit velocity produces a specific
entry angle and velocity relationship.

The studies described in this report are based on the as-
sumptions that initial entry occurs at an altitude of 400,000 ft,
the vehicle is a point mass, the trajectory lies in a single plane,
the earth is spherical, drag is independent of Mach number,
wing loading remains constant during entry, and the Air Re-
search and Development Command 1959 atmosphere applies.

The entry conditions utilized in this study for entry from
various circular orbit altitudes are presented in Tig. 1.
These data are based on firing the deorbit retrorocket at an
angle relative to a vehicle’s flight path which produces the
maximum entry angle for a specific deorbit velocity. This
criterion insures minimum total system weight when entering
at a specific entry angle.

The flight path for ballistic vehicles is described by the
following equations:

LA mg cosy — mV pal
o g cosy 87
av

LT e — o Y =
Cp4 5 Vee? + mg siny — m il 0 (2)

=0 @1

Solutions of these equations are presented in Fig. 2 for entry
from various orbit altitudes with various ballistic coefficients.
Solving Lq. (2) for flight time gives

. 2771
(= [ [1 O el )
g siny J w  2sin7y 4§

This shows that the time of flight along ballistic flight paths is
a function of the initial entry angle. It should be noted that
the integration shown is valid only when the flight path angle
remains constant and is approximately valid when the flight
path angle does not change significantly from the initial
entry angle.

Aerodynamic Heating

Re-entry vehicles generally experience two modes of aero-
dynamic heating, convective and radiative. For entry from
near-earth orbits, thermal radiation from the hot shock layer
is negligible compared with the heating by convection for all
but extremely high entry angles or ballistic coefficients; there-
fore, only convective heating is considered in this study.

When defining the heating history of a vehicle during re-
entry it is convenient to work with “cold wall heat flux” Hi.
rather than the actual heat flux 771 (i, — %.) because the wall
enthalpy 7. can vary considerably with time and position on a
vehicle. The heat-transfer coefficient H can be considered
independent of wall temperature with very little error. Since
the recovery enthalpy is essentially a function of velocity and
altitude, He, can be assumed independent of wall temperature
and thus of the heat shield material and thermal protection
concept being used. Therefore, for a particular vehicle con-
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Fig. 1 Re-entry conditions for deorbit from various orbit
altitudes.

figuration, location on a vehicle, and type of flow (i.e., laminar
or turbulent) the cold wall heating rate is assumed to be a
funetion of altitude and velocity only.

Variations in entry angle and ballistic coefficient produce
many different altitude-velocity profiles and different total
flight times. These variations produce significantly different
thermal environments. As a result, preliminary design
studies are very tedious and time consuming if a large variety
of vehicle configurations and entry conditions must be con-
sidered, since it is necessary to determine the time history of
heating at a number of locations on a given vehicle in order to
calculate the total heat shield weight.

Normalized Heating Curves

Rather than consider each flight profile for each vehicle as a
separate case, it has been found that the use of normalized
heating curves greatly reduces the time and effort required for
the preliminary design analysis of ballistic vehicles. The time
histories of cold wall heat flux (§ = H¢,) incident on vehicles
flying different ballistic flight paths when re-entering from
near earth orbits result in similar shaped curves with the
absolute value of entry time and heating rate dependent on
entry angle, entry velocity, and W/CpA. Entry angle and
velocity affect both the maximum heating rate encountered
and total flight time, whereas the ballistic coefficient prin-
cipally affects the value of the maximum heating rate. Nor-
malizing the cold wall heat flux encountered in flying the dif-
ferent trajectories, i.e., determining (H%.)/(H?%;)max, and
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Fig. 2 Ballistic trajectories.
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Fig. 3 Normalized heat pulses, laminar and turbulent
flow.

plotting this ratio vs ¢ sinvy, results in the heating data for
entry from a given orbit altitude at angles greater than 4° be-
ing approximated by a single curve. Entry at angles less than
4° results in separate curves for each entry angle. The nor-
malized curves for laminar and turbulent flow are different
and are shown in Fig. 3 for entry from a 100 naut mile orbit.
In order to use the normalized heating rate curves to con-
duct detailed thermal analyses, the curves for normalized re-
covery enthalpy and heat-transfer coefficient, 4,/7;4 4., and

H/H, 4, are required. Recovery enthalpy is defined by

i, = 1, + (rV,2/2¢J) (4)
which, for the stagnation point of a body, is
Trsp = 11 = 1o + (V2/2¢J) (5)

Within the principal heating regime in the earth’s atmosphere
(altitude < 300,000 ft), the total enthalpy 7, can be ap-
proximated by

i, = 100 + (V..2/50,000) Btu/Ibm 6)

The normalized heat-transfer coefficient can then be deter-
mined by

H q/Qmax
T )
H&t Tmax 1‘7‘/17 at rax
where
G 100 + V.2/50,000
ravdy,, 100 + V.tm/50,000
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Fig. 4 Velocity at gmax, laminar and turbulent flow.
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flow.

Vem 18 the velocity at ¢ma.x and is given in Fig. 4 for entry
from a 100-naut-mile orbit.

As stated previously, variations in ballistic coefficient pri-
marily affect the value of ¢nax. However these variations
also affect re-entry time and thus the total heat encountered,
i.6., J(§/Gmex)di. This effeet is shown for laminar flow in
Fig. 5. This shows that there is a maximum variation of
about 15% in the total ‘“cold wall” heating. This variation
produces considerably smaller variations in total thermal pro-
tection requirements. Thus the assumption that W/C54
affects ¢ma. only is justified for preliminary design studies.

The normalized heating data of Fig. 3 are all for entry from
a 100-naut-mile orbit. For certain entry angles, normalized
heating curves for entry from higher orbit altitudes are similar
in shape to those for 100 naut miles; thus the curves for 100
naut miles apply. Such entry velocity-entry angle relation-
ships are given in Fig. 1. The primary effect of greater orbit
altitude 1s to increase the entry time and thus the total heat
input. The variation in total heat, f(§/Gm.x)dt, with orbit alti-
tude is given in Fig. 6. These data show that the effect of
orbit altitude is greatest for small entry angles.

Effect of Entry Direction

The normalized heating data presented are based on polar
entry; however, entry from the east or west has a very small
effect on the normalized heat pulse. The initial entry velocity
change of 21500 fps changes the total entry time by only a
few seconds. For instance, for entry at v = —2° from a 100-
naut-mile orbit with W/CpA = 100 Ib/ft?, the time to reach
an altitude of 20,000 ft varies by only 3 sec between eastward
and westward entry. Entry direction then influences only the
maximum value of cold wall heat flux and not the normalized
heat pulse.
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Fig. 7 Maximum healing rate, laminar flow.

Maximum Heating Rates

In order to use the normalized heating curves, the maximum
heating rate §me.x must be known. Values of ¢um.x are pre-
sented in Figs. 7 and 8 for laminar and turbulent flow, re-
spectively, as a function of entry angle and ballistic coef-
ficient for entry from 100-, 400-, and 600-naut-mile orbits.
The laminar data are for spherical stagnation point, whereas
the turbulent data are for the sonic point of a sphere. The
laminar data are based on the theory of Fay and Riddell.14
The theory of Van Driest™ was used for the turbulent values.

Design Charts

The normalized heating curves in Fig. 3 were used to de-
velop design charts for rapid determination of thermal pro-
tection requirements on ballistic vehicles entering from near-
carth orbits. Thermal protection weights were evaluated as a
function of entry angle and ... since, as shown in the
normalized curves, these parameters define the time history
of re-entry heating. The normalized heating curves were
modified to include a realistic landing condition consisting of
a parachute descent from an altitude of 20,000 ft. This was
necessary to produce reasonable results since the hackside
temperature reaches a maximum toward the end of flight.
This is due to the finite time required to dissipate heat stored
in the ablation or insulation materials.

Ablation and radiation thermal protection concepts that
were evaluated are shown in Fig. 9. Ablation cooling can be
utilized on the entire vehicle, whereas radiation cooling is
limited to areas of relatively low maximum heating rate.
The ablation concept consists of ablation material bonded to
aluminum structure. The ablation material utilized is
microballooned phenolic nylon. Properties of this material
arc given in Ref. 11. The radiation concept consists of re-
fractory tiles supported by tubular members with @-felt or
zirconia insulation between the tiles and the water-cooled
aluminum structure. The thermal protection weights are
based on a maximum aluminum temperature of 200°F. The
aluminum structure is considered insulated (no heat flows
into the interior).

Thermal protection weights per unit area are shown in Fig.
10a for the ablation concept. The weights are given as a
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Fig. 8 Maximum heating rate, turbulent flow.

function of maximum cold wall heating rate for 1) entry
angles ranging from-0.5° to —20°, and 2) for entry from orbit
altitudes of 100, 400, and 600 naut miles. The items com-
prising the total thermal protection weight for entry from a
100-mile orbit are shown in Figs. 10b and 10c.

The ablation weights are based on: 1) factors of 1.25 for ma-
terial ablated and 1.0 for material remaining for insulation
and 2) a maximum allowable char thickness of 0.25 in.

As stated previously, the ablation analysis used for this
study accounts for the actual ablation mechanism and char
removal in a simplified manner. Recent calculations using
a newly developed transient ablation computer program
(based on the theory of Ref. 8) yielded thermal protection
weights which were 20-309] greater than those presented
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Fig. 9 Thermal protection eoncepts.
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herein (Fig. 10a). Entry angles of —0.5° and —10° were
considered for a 100-naut-mile orbit. A comparison between
the results of the two theories is given in Table 1. These data
indicate that the ratio of thermal protection weights resulting
from the two theories is approximately constant over the
range of entry conditions considered.

The data in Fig. 10a show that total entry time, which is
proportional to siny, has a much larger effect on total thermal
protection weight than variations in ¢m.x, and that, as orbit
altitude increases, thermal protection weights increase con-
siderably at the low entry angles. This reflects the higher
total heat inputs shown in Fig. 6. Weights for v = —0.5°
are shown for entry from a 100-naut-mile orbit only. A
ballistic vehicle would skip at this angle (not stay in the at-
mosphere in the first pass) when returning from the higher
orbit altitudes.

Thermal protection weights for the radiation concept are
presented in Fig. 11 for entry from a 100-naut-mile orbit.
Weights for the ablation concept are also shown for compari-
son. The radiation weights are based on use of a passive
water wall and 4.5 Ib/ft? Q-felt insulation behind the Rene 41
and molybdenum heat shields, and 8 1b/ft? zirconia fiber
insulation behind the tantalum heat shield. As shown, radia-
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Fig. 10 Thermal protection system and component
weights.

tion cooling is only competitive “weight wise” at v = —0.5°
and .. up to 60 Btu/ft?-sec. Thus, radiation cooling does
not appear very practical on any part of a ballistic vehicle.

Two other radiation structural concepts were investigated
(see Fig. 12). Concept C was found to be the lightest. Uti-
lization of this concept would extend the range of entry angles
to ¥ = —2° where radiation is competitive with ablation
cooling.

Application

The normalized heating curves and design charts were used
to determine thermal protection requirements for three
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Table 1 Comparison of results of different ablation
theories

Total thermal protection
weight, psf

Simplified New
Y Gmax analysis program

—0.5° 50 2.8 3.4
—0.5° 200 3.5 4.5
—-0.5° 500 4.1 5.1
—10° 50 0.85 1.1
—-10° 200 1.1 1.3
—10° 500 1.25 1.5

ballistic entry configurations: spheres, blunt cones, and in-
verted blunt cones (Apollo type) (see Fig. 13). The diameter
D was held constant and the internal volume was varied by
changing the length of the vehicle and thus the cone tip
diameter. The cone half-angle # was varied from 10° to 50°.
As shown in Fig. 13, a spherical shape results in the lowest
weight for a specific volume requirement. Exclusive of the
sphere, the Apollo-type shape with a half-angle of 10° resulted
in the lowest weight for the vehicles considered.

Conclusions

1) A convenient method for determining convective heat-
ing rates to ballistic vehicles returning at various entry angles
from circular orbit altitudes of up to 600 naut miles is pre-
sented.

2) Design charts for determining thermal protection
weights for radiation cooled and char-forming ablation-
cooled structures were developed. The charts for ablation
cooling were based on a simplified ablation theory and esti-
mated material properties for microballooned phenolic nylon.
The same techniques could be applied with other materials
with the same or a more refined ablation theory. Recent
caleulations using a newly developed transient ablation pro-
gram yielded thermal protection weights 20-309,, greater than
those given by the design charts.

3) Total thermal protection weights for several ballistic
entry configurations are presented and compared. Tt is con-
cluded that, for shapes other than spheres, the Apollo-type
configuration is the lightest for a given internal volume.
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